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ABSTRACT 


The feasibility of operating multistage axial-flow compressors at transonic 
flow conditions was first demonstrated at the NACA Lewis Flight Propulsion 
Laboratory (now the NASA Lewis Research Center) during the early to mid 
fifties. This pioneering research provided a major breakthrough in technology 
and has contributed significantly to the high performance of present day 
turbine engines. Followingthe initial demonstrations, numerous organizations 
within governments, universities and industries worldwide have contributed to 
further enhancing the performance of the transonic compressors through their 
own research. NASA has and continues to play a key role in the development of 
technology in this critical area. 

This paper presents a historical perspective on the development of the 
transonic multistage compressor. Changing trends in design and performance 
parameters are noted. These changes are related to advancements in compressor 
aerodynamics, computational fluid mechanics and other enabling technologies. 
The parameters normally given to the designer and those that need to be 
established during the design process are identified. Criteria and procedures 
used in the selection of these parameters are presented and discussed. 

Included are discussion on the selection of tip speed, aerodynamic loading, 
Howpath geometry, incidence and deviation angles, blade/vane geometry, 
blade/vane solidity, stage reaction, aerodynamic blockage, inlet flow per unit 
annulus area, stage/overall velocity ratio, and aerodynamic losses. Trends in 
these parameters both spanwise and axially through the machine are 
highlighted. The effects of flow mixing and methods for accounting for the 
mixing in the design process are discussed. 
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Brief discussions on the present day understanding and modeling capability of 
unsteady flow phenomena are presented which includes rotating stall, surge 
flutter and forced response. The influence of these unsteady phenomena on 
design parameter selections are highlighted. 

The impact of the new and more demanding requirements being imposed on the 
propulsion system to meet advanced aircraft mission needs are noted. Examples 
of modern day high speed multistage compressors are presented. A case history 
of the design and development of a NASA Lewis Research Center high tip speed, 
high pressure ratio core compressor inlet stage group is highlighted. 
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OUTLINE 


First, a historical perspective on the development of the transonic multistage 
compressor Is provided. The impact of various technologies are highlighted. 
Present day design procedures are discussed. The parameters normally given to 
the designer and those that need to be established during the design process 
are Identified. Criteria and procedures used In the selection of these 
parameters are presented. Ranges in the values for these parameters found in 
modern day transonic compressors are given. The affect of flow mixing and 
methods for accounting for it in the design process are discussed. 

Mechanical, aeroelastic and other considerations which must be taken into 
a:count during the design process are highlighted. And last, examples of 
modern day transonic compressors are presented along with lessons learned 
during their development. 
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HISTORICAL PERSPECTIVE 
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HISTORICAL PERSPECTIVE 

A detailed review of the early research leading to the development of the 
transonic compressor is given in references 1-3. These papers summarize the 
transonic compressor research at the NASA Lewis and Langley Laboratories prior 
to 1960. Extensive reference lists are given with each paper. 

As noted by Lieblein and Johnson in (ref. 1), the advent of supersonic flight 
in the late 1940's required that the turbojet engine be made lighter and more 
compact. For the compressor, this meant units of smaller diameter and fewer 
number of stages. Aerodynamical ly, the requirement was translated into a need 
for higher weight flow per unit frontal area and higher stage pressure ratio. 

Compressor design theories at the tinr were generally based on the use of 
symmetrical velocity diagrams (50X reaction) and thick-nose blade profiles of 
approximately 10X maximum thickness ratio. These design practices were 
developed primarily from consideration of isolated-airfoil and two-dimensional 
low-speed concepts. As a result, serious limitations were imposed on the 
attainable specific weight flow and stage pressure ratio. 

First, the use of thick blade profiles required that relative inlet Mach 
numbers be limited to about 0.70 to 0.75 tc avoid serious loss penalties or 
possible choking of the flow. Second, the use of pre-rotation to maintain the 
rotor relative inlet mach number within the limiting values or to establish 
the symmetrical velocity diagrams restricted the maximum values of tip speed 
and inlet velocity (and consequently specific weight flow). 

It was clear from the early research directed towards higher Mach number 
operation, that in order to achieve satisfactory performance goals, new blade 
shapes and improved design procedures needed to be developed. Highlights of 
the major accomplishments achieved prior to 1960 towards meeting these goals 
are summarized in the first three references. Included in these 
accomplishments was the development of a new blade loading parameter known as 
the D-factor (ref. 4), the development of a shock loss model (ref. 5;, the 
demonstration of the double circular arc (DCA) blade shape, and the 
establishment of a data base involving single stage and multistage experiments 
which reflected on the desire to increase the reaction (reduce swirl leaving 
the stationary blade rows) and increase the blade solidity for the transmic 
stages . 

The following figures present early subsonic compressors for comparison to 
early and modern day transonic multistage compressors to reflect on the 
progress to date for increasing the overall pressure ratio and reducing the 
required number of stages. 
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FIRST TURBOJET USING AXIAL-FLOW COMPRESSOR 

Shown hero Is the first arlol-flo- compressor used in a n^^stgnld'for 1 ' 
Is a German engine. The compressor had eight stages. It was des g e 
subsonic flow In all blade rows. The design pressure ratio and tip speed are 

not known. 


FIRST TURBOJET USING AXIAL-FLOW COMPRESSOR 
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EARLY AMERICAN AXIAL TYPE TURBOJET 

Shown here Is an early American turbojet with a ten stage subsonic axial-flow 
compressor. This compressor was designed to produced a pressure ratio of 4.4 
at a tip speed of 31S m/ser (1099 ft/sec). At this speed Inlet guide vanes 
were needed to impart a swirl in the direction of rotation to keep the 
relative velocity to the rotor subsonic. It was designed by Westinghouse. 


EARLY AMERICAN AXIAL TYPE TURBO IECT 
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FIRST AMERICAN TURBOPROP 

Shown here U the first American turboprop engine. It was designed and built 
by General Electric. The burner cans are wrapped around the compressor as can 
be seen in the next figure. 


FIRST AMERICAN TURBOPROP 
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CROSS-SECTION OF GENERAL ELECTRIC TG-10' .URBOPRCP 


Shown here is a cross-section of the 1G-100 turboprop engine. One can note 
rnat in the early engine, the compressor component component tended to 
dominate much of the engine volume and provided the impetus to reduce the 
compressor diameter ana length. The next figure shows a photograph of the 
compressor and gives its design parameters. 


CROSS-SECTION OF GENERAL ELECTRIC TG-100 TURBOPROP 
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COMPRESSOR ROTOR FOR GENERAL ELECTRIC TG-100 

The TG-100 Compressor had 14 stages and produced a pressure ratio of 5.1 at at 
tip speed of 285 m/sec (935 ft/sec). As reflected in the design tip speed all 
compressor blade rows operated subsonical ly. 


COMPRESSOR ROTOR FOR GENERAL ELECTRIC TG-100 






NACA EIGHT-STAGE AXIAL-FLOH TRANSONIC COMPRESSOR 

Shown here is the NACA eight-stage axial-flow transonic compressor. It was 
designed for a pressure ratio of 10.3 and an inlet tip speed of 356 m/sec 
(1168 ft/sec) (ref. 5). It was this compressor that first demonstrated the 
feasibility of operating multistage axial-flow compressors at transonic 
conditions. The work was conducted at the NACA Lewis Flight Propulsion 
Laboratory (now NASA Lewis Research Center) during the early to mid fifties. 
This pioneering research provided a major breakthrough in technology for 
multistage compressor design and performance, and has contributed 
significantly to the high performance of present day turbine engines. 

Following the initial demonstration, numerous organizations within 
gove-nments, universities and industries worldwide have contributed to further 
enhancing the performance of the transonic compressors through their own 
research. NASA has and continues to play a key role in the development of 
technology in this critical area. 

Only the first two stages of the NACA eight stage compressor operated with 
transonic flow. The last six stages operated subsonical ly. This was achieved 
through employing high reaction (non-symmetrical velocity diagrams) In the 
front two stages and 50% reaction (symmetrical diagrams) in the rear six 
stages. 


NACA EIGHT- STAGE AXIAL FLOW TRANSONIC COMPRESSOR 
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OF POOR QUALITY 

NACA EIGHT-STAGE AXIAL-FLOW TRANSONIC COMPRESSOR 
OVERALL PERFORMANCE MAP 

This figure shows the overall performance achieved with the NACA eight-stage 
compressor. One can note that the demonstrated pressure ratio was shy. of the 
design value of 10.3 and the efficiency was on the order of 80% at maximum 
pressure ratio. However, the part speed performance was excellent. The lower 
than design pressure ratio at design speed was attributed to too large of 
boundary layer blockage assumed in the design process for the rear stages 
causing the rear stages to stall prematurely. Extensive research was 
conducted on this compressor (ref. 7-12). It was this extensive data base that 
resulted in numerous transonic compressor designs for aircraft applications. 


NACA EIGHT- STAGE AXIAL FLOW TRANSONIC COMPRESSOR 
OVERALL PERFORMANCE MAP 
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OF POOR QUALITY 


NACA FIVE-STACE AXIAL-FLOW TRANSONIC COMPRESSOR 


Shown here Is a photograph of the NACA five-stage axial-flow trancnnir 
compressor. It was designed for a pressure ratio of r anH ifc 

empioy^nN S f 


NACA FIVE — STAGE AX. A.. FLOW TRANSONIC COMPRESSOR 



STAGES - 5 

PRESSURE RATIO - 5.0:1 

TIP SPEED ~ 335 m/soc (1 100 ft/sec) 



NACfl FIVE-STAGE AXIAL FLOW TRANSONIC COMPRESSOR OVERALL PERFORMANCE MAP 

J?es?ur r e°r r a??^„? f A t f! e NA CA five-stage compressor is shown here. A peak 
approximated 0 81 Peak !^ ed at design speed at a " efficiency S? 

performance was p roiLnt tw 9 age compressor, the part :oeed 
feported in “fere"e! ?li 7 perfon " ance data obtained on this machine was 


NACA FIVE -STAGE AXIAL FLOW TRANSONIC COMPRESSOR 
OVERALL PERFORMANCE MAP 
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NASA ENERGY EFFICIENCY ENGINE CONFIGURATION 
PRATT & WHITNEY 


The Energy Efficient Engine (E 3 ) program was initiated in the late 1970's 
and extended over a period of approximately five years. The objective was to 
demon^rate significant reductions In fuel consumption for advanced hiqh 

S«Ii S . r 2f!2 turbo ! an ezines. Two contracts were awarded by NASA, one to 
Pratt & Whitney and one to General Electric, to: (1) design, build and test 

the components separately and (2) to test an Integrated core low spool (ICLS) 
Shown here is a cross-section of the Pratt & Whitney engine with the 
compressor overall design values. The high compressor for this engine was 
designed for ten stages to produce a pressure ratio of 14 at a tip speed of 
379 m/sec (1243 ft/sec) (ref. 18). P P 
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NASA ENERGY EFFICIENT ENGINE CONFIGURATION 

PRATT & WHITNEY 



HP. COMPRESSOR 
STAGES - 10 
PRESSURE RATIO - 14:1 
TIP SPEED - 379 m/sec ( 1 243 ft/sec) 
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NAi>A ENERGY EFFICIENT ENGINE CONFIGURATION 
GENERAL ELECTRIC 

Shown here is the cross-section of the General Electric enaine Thp m^k 
achieve l given prassSre ratio " un,ber ° f sta9es requ1reli t0 
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NASA ENERGY EFFICIENT ENGINE CONFIGURATION 

GENERAL ELECTRIC 



H. P. COMPRESSOR 
STAGES - 10 
PRESSURE RATIO - 23 : 1 
TIP SPEED 456 m/sec (1495 ft/sec) 
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NASA RESEARCH COMPRESSOR 
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TECHNOLOGY IMPACT 


TECHNOLOGY IMPACT 


In each of the areas listed below, examples of the major Impacts that have 
resulted in the present level of technology of transonic multistage 
compressors will he noted. 


TECHNOLOGY IMPACT 


• AERODYNAMIC 

t COMPUTATIONAL FLUID MECHANICS 

• INSTRUMENTATION AND CONTROLS 

• STRUCTURAL MECHANICS 

• MATERIALS 

• MECHANICAL COMPONENTS 
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AERODYNAMICS 

In the area of aerodynamics, advanced blade shapes Is high on the list of 
Items having a very significant Impact on performance of modern day transonic 
compressors The range of blade shapes presently being used are listed The 
alrfo.l series type blade shapes are still used for blade rows operating with 
subsonic flows. The DCA blade shape is used for high subsonic to low 
^upersonic Mach numbers. The MCA blade shape Is used extensively at the 
g er supersonic relative Mach numbers. The polynomial shape (ref. 21) 

f1e ? blli ! y than the MCA sha P e and 1n fact can duplicate the DCA 
and MCA shapes through proper selection of the polynomial coefficient The 

Ep n n ?c Jh ShaP f C n J “ sed t0 approximate the various airfoil series as 

Jlh * Wnt ^ ontronpd dlffusi ° n ( CD > shapes. The CD shape Is being employed 
111) ^i d69 ^ e ° f ^ccess for moderate to high subsonic blade elements 

* ki ‘ words controlled diffusion" were coined to reflect a class 

Sh H 6S tha J emp1 °^ t t' e concept of shaping the blade behind the point 

ElrEinn e J °" ;> urface v ? locit y such that the diffusion rate and associated 
suction surface boundary layer results in minimum loss for the airfoil 

section. The supercritical blade shape referred to In some of the references 
Is cons dered a special class of the CD shape where. In addition to 
controlling the diffusion rate behind the location of peak suction surface 
velocity, che forward portion of the blade is shaped to permit supercritical 
operation (a shock free supersonic pocket along the suction surface) at the 
higher subsonic Mach numbers. The benefit of CD blading has come not only in 
lower losses but also Improved range. 

In addition to blade shapes, the extensive data base that has been established 
to guide the selection of the design parameters must also rate high on the 
Impact scale. Without It, the level of technology for the transonic 
compressor would not be what It is today. 


AERODYNAMIC 


O BLADE SHAPES 
-AIRFOIL SERIES 
-DOUBLE CIRCULAR ARC (DCA) 
-MULTIPLE CIRCULAR ARC (MCA) 
-POLYNOMINAL (ARBITRARY) 
-CONTROLLED DIFFUSION (CD) 

O EMPIRICAL DATA BASE 
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COMPUTATIONAL FLUID MECHANICS 

dMlm'JJUu till! SyS ‘-”’ 'f r, tf red a ™"hd t»> a axi symmetric through-flow 
:®L 1g J c ° d *\ st J n remains highly empirical In nature. Extensions of the 
empirical data base which supports the axisymmetrir through-flow de-iar code- 
L*?? contributed the most to the preseot state of techho?og, o? t?an!on1c 
mofhnri* 9e compressors. However, this Is rapidly changing. The computational 
™* h ° ds - a J K the present time primarily used in an analysis mode? are now 
flow anllVi 6 selection of design parameters In the design process. Potential 

the?r ?m D act e L C ?he S i/ , °? b ? 1ng !! Se ? routinely as analysis tools, are making 
re?lnf!w P 2 S of techno1o 9>' being demonstrated In the most 

somewhat ??m 1?^ ^ " eS ' J he applicaticr ‘ of viscous codes have been 

controlled dl ffuslorWCD^blacMng* 1 " 6 "°“ be '" 9 emP '° yed the desl *" ° f «» 



COMPUTATIONAL FLUID MECHANICS 

• AXISYMMETRIC DESIGN CODE 

• POTENTIAL FLOW ANALYSIS CODES 

• EUl.nn ANALYSIS CODES 

• VISCOUS ANALYSIS CODES 
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FANS AND COMPRESSORS CONTROLLED DIFFUSION BLADES 

The controlled diffusion blade shape is shown here, along with the blade 
surface Mach number distribution. A supersonic shock free pocket (super- 
critical flow region) exists along the blade suction surface. The flow range 
of the CD blade shape is compared to the conventional blade shape In the lower 
right part of the figure. The design of the CD blade shape requires extensive 
use of the internal flow codes. The benefits of this shape are indicated in 
the lower left corner. 
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CONTROLLED- DIFFUSION BLADES 
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.INSTRUMENTATION AND CONTROLS 


The non-intrusi ve laser anemonetry instrumentation has had a very significant 
technological impact in that the flow fields of transonic machines have now 
been well documented (ref. 29-32). Improved models have been developed and 
computational methods have been verified. The design of higher Mach number 
blading is now being guided by the verified Euler codes. 

Also, the digital electronic controls have permitted more precise control of 
variable geometry for maximum performance over the speed range. 


INSTRUMENTATION AND CONTROLS 


NONINTRUSIVE LASER ANEMOMETRY 
HOLOGRAPHY 

DIGITIAL ELECTRONIC CONTROLS 
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ADVANCED METHODS FOR COMPRESSOR FLOW RESEARCH 

Shown here is a laser system used at NASA Lewis along with a comparison 
between measured and calculated Mach number contours. The three 
Dimensionality of the shock structure has been well documented (ref. 31) 
Even the unsteadiness has been assessed (ref. 32). 
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STRUCTURAL MECHANICS 


As the tip speeds have Increased the need for more reliahlP <+n.rfnr>’ 

$ js s;^ s r rdinates are -*"• 

Sign. f ican* Improvements in the aeroelastic analysis codes have also been 

rema e ins H ?“a e S^a?e e,UatC “ d * ,,nS ° f SU " f,Utter a " d ° f f ° r « d 


STRUCTURAL MECHANICS 


NASA STRUCTURAL ANALYSIS CODE (NASTRAN) 
AEROELASTIC CODES 
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MATERIALS 


cl^nnfi*!? advancement in high temperature high strength steels and the hiqh 
1l g htwei 9 ht titanium alloys desired high blade speeds could not be 9 
achieved. However, the rim and blade stresses can still impose limits on the 

des 5 9n - ,™ s 1s particularly tr Ue for highly sSJersonk aiJcrln 
where the incoming air is at elevated temperatures. 


MATERIALS 


HIGH TEMPERATURE - HIGH STRENGTH STEELS 
TITANIUM ALLOYS 
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MECHANICAL COMPONENTS 


tS P thrh?IIh2r i !nSj* teChn0l 2 9y °, f :. b ® arin 9 s ^ seals has also permitted going 
would be fimited! tlVe Speeds * Wlthout these improvements transonic operation 


MECHANICAL COMPONENTS 


BEARINGS 

SEALS 
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COMPRESSOR DES'GN PROCEDURE 
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DESIGH/ANALYSIS CODE HIERARCHY 


The hierarchy of design and analysis codes are shown here. Moving from right 
to left results in Increased complexity and more computer power required. 
Moving from left to right results In increasing empiricism and more extensive 
data bases. The present systems in general have as their basis the 
axisymmetric through-flow equations. A model for closing the 1 nvi sc i d form 
of the average-passage equation system is given in reference 33 and would 
bring the compressor design system a step closer to a fully viscous design 
system. 


DESIGN/ANALYSIS CODE HIERARCHY 
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COMPRESSOR DESIGN PROCEDURE 


As noted In the discussion of the previous figure, present design procedures 
tend toremain centered around the axisymmetric through-flow design type codes 
to provide the initial geometry and performance estimates. These codes 
require empirical input to establish such parameters as minimum loss incidence 
angle, flow deviation angle, viscous and shock losses and thus efficiency, and 
flow blockage allowances to name a few. An example of a axisymmetric design 
codes is given in reference 21. The output from the axisymmetric code is 
input into the analysis codes as indicated in the block diagram reflecting the 
overall design procedure. Iterations are made between the two types of codes 
until a satisfactory aerodynamic design is established. The analysis codes 
range from two dimensional potential flow (ref. 34 and 35) and Euler codes 
(ref. 36) to three dimensional viscous codes (ref. 37) as appropriate and 
available. With convergence on the aerodynamic design iteration, iterations 
with the structural analysis codes are pursued along with the aeroelastic 
codes. With an acceptable overall design, input Is provided to blade 
coordinate and off-design analysis codes. 

As the technology advances in computational fluid mechanics and computers, the 
design system will move from the highly empirical system to a first principle 
system. Recent years have shown significant advancements towards meeting this 
goal . 


COMPRESSOR DESIGN PROCEDURE 
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design parameters 


DESIGN PARAMETERS 


Parameters normally given to the designer and those select during the design 
process are listed below. Many factors Influence the values selected for 
these parameters such as engine type, flow size, application/mission, and the 
inter dependency between the various parameters for achieving satisfactory 
performance .Therefore it is difficult to reflect on typical ranges for the 
design parameters of modern day transonic compressors. However, it is felt 
some generalized comments may be helpful for some of the parameters, but 
caution is given in how they might be used in executing a design. 

Overall pressure ratios in a single spool range from 14 to more than 20. Tip 
speeds range up to 457 m/sec (1500 ft/sec). The axial velocity is normally 
decreased somewhat through the machine to meet the low Mach number required at 
the burner inlet. Jnlet hub/tip ratios go as low as .5. The flowpath is 
typically between a constant mean diameter and a constant tip diameter. The 
various blade/vane parameters are listed in the next figure. 


DES.GN PARAMETERS 


• GIVEN 
-WEIGHT FI OW 
-PRESSURE RATIO 
-ROTATIVE SPEED 

• SELECTED DURING DESIGN PROCESS 
-TIP SPEED 

- WEIGHT FLOW PER UNIT ANNULUS AREA 
-VELOCITY RATIO 

-AERODYNAMIC LOADING (NUMBER OF STAGES) 
-INLET HUB/TIP RATIO 

- FLOWPATH GEOMETRY 
BLADE/VANE GEOMETRY 
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BLADE/VANE GEOMETRY 

Listed here are parameters which are directly related to the hlarWu-no 


The blade/vane s 
DCA for low tran 
elements operati 
transonic front 
reduced to about 
range from 2 to 
moderate to high 
the front to 10 


hapes used range from the airfoil series designated shapes to 
sonic conditions and to MCA or tailored airfoils for blade 
ng above 1.2 relative inlet Mach numbers. In the highly 

r0t K r t - ? sol1dlty ran 9 es from 1.2 to lVand is 
ill? lK 3 ! h ®f U f S0 ; i ' C rear sta 9 es - A$ P ect ra tio for the rotors 
FlS hi2£ th ®/ ear sta 9 es • Stage reaction runs from 
?{? *5 J£ kages allowances range from on the order of 4X in 
to I bl in the rear stages. 


values f0r the des ' 9 " P»™et.rs can be gained by 
studying the example compressors presented at the end of this lecture. * 

?p f 1 965 Ca r emal nl e .n th0ll ^i i 1 L was 3 hi tlal ly published during 1956 and revised 
965, remains an excellent reference today on the desian of fi^u 

compressors. The empirical data base has changed with te?hnSl„glJa 
m«h"thrsame bUt thC baS ’ C dcs ’ 9 " "' ethods and considerations remain very 


BLADE/VANE GEOMETRY 


airfoil shape 

SOLIDITY 

ASPECT RATIO (CHORD) 
THICKNESS DISTRIBUTION 
STAGE REACTION 
FLOW BLOCKAGE 
AERODYNAMIC LOSSES 
INCIDENCE ANGLE 
DEVIATION ANGLE 
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EFFECT OF ASPECT RATIO ON PERFORMANCE OF 
HIGH TIP SPEED CORE INLET STAGE 




LARGE LOW SPEED COMPRESSOR RESEARCH ENDWALL FLOW FUNDAMENTAL EXPERIMENT 

This figure shows the benefits that can be realized by shaping the blade in 
the endwall region to accommodate the endwall boundary layer, (ref. 40 ). 
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LARGE LOW S.^EED COMPRESSOR RESEARCH 

ENDWALL FLOW FUNDAMENTAL EXPERIMENTS 



•PROVIDED UNDFRST ANQING OF FNDWALL FLOWS 
•IMPROVED BLADE SHAPE IN ENDWALL REGION 
10 ACCOMMODATE BOUNDARY LAYER 
• RE Sill 1(1) IN IMPROVE I) (LOW RANGE AND 
tffiCIENCY 
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SELECTION PROCESS 
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As Dart of the selection process trade studies arc often made to maximize the 
benefits of a new design in terms of some figure of merit such as return on 
investment, ROI or direct operating cost, DOC. The block diagram shown here 
reflects on this process. Examples of these types of studies are given m 
reference 41 and 42 . 
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FLOW MEXING 
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FLOW MIXING 


TOdelinS'nf nJ'off' s I ** 9 e cora P f c ? so f designs depend, in part on suitable 
!" 5 ° f the ?f ftct! ot radial mixing of the flow through the machine whirh 

e c t °;, dT * e h 9ridierit in n °" parameters near the endwalfs. NumeroSs 

y tS P^eEc-'-r S? , Se t . r !!^, ,il rl ous .«»»“* ° f this phenomenon over the 

^eunuiiy dcaress the mixing issue. NASA 
conducted a study in a two-stage fan where the endwall boundary layers were 
measured along w, h the radial distributions of other fiow parpen 
H!’* I ^ . A photograpn of the fan is shown below. The data obtained is 
p sented in .he next six figures. The first figure presents the overall 

d 1 str 1 bution°fn t fln fan ^ f he remaining rive fi Sures show the radial 
distribution in flow parameters near the outer wall. In examining i-he H at a 

ZnereH S r that . the gradi ents in fiow parameters exitinalhe ?o?ors are 

! emp fI e l on , passin ? tnrougn the stators. This is an indication of the 


magnitude of the mixing that is taking pi are 

^ MAC A * i • “',i . J K 


! n : A mac a • , . ■ j . ■ ^ h 1 ^ ^ to this machine. A feature build 

into NASA axi symmetric through-flow design codr ( rc .f 21) is the abilitv tn 
smooth the temnora ti.ro nn,)inni' ^ Il . ' U 15 tne aD ; 1 1 ^ t0 


smooth the temperature gradient com] nig 


stator. Tempering the actual endwall los 
process is also employed. 


cui. 01 the rotor on passing through the 


gradients used 
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MECHANICAL/ AEROELrtSTIC CONSIDERATIONS 


A number of mechanical ano aeroelastlc consideration must be addressed In the 

fr^n n 4 - P J 0CeSS ' These ? re 1istei ? below. Blade untwist has been taken into 
account for many years by resetting blade elements so they untwist to the 

;j et * lng at desi 9 n speed. Only recently has uncambering been considered 
in the design process. The increased blade speeds coupled with low aspect 
ratio blades makes this an important consideration. The structural analysis 
codes tike NASTRAN are employed in this process. Flutter is not a colwon 
problem encountered in advance relatively low aspect ratio blading, however 
it must be considered in the design process to assure avoidance. Forced 
response can be aproblem. Exit rim stresses may limit the exit diameter of 
the machine. # Variable geometry must be incorporated in high pressure ratio 
machinesto improve part speed performance. The trend is to use shrouded 
stators in at least the front variable rows. Methods for maintain tight 
clearances are of particular importance to achieving good efficiencies 
particularly for the high hub/tip ratio rear stages. 


MECHANICAL/A£ROEi_ASTiC CONSiDERATIONS 


BLADE UNTWIST/UNCAMBER 
FLUTTER 

FORCED RESPONCE 
RIM STRESS 
VARIABLE GEOMETRY 
CANTILEVERED/SHROUDED STATORS 
Tip CLEARANCE CONTROL 
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REGIONS OF COMPRESSOR FLUTTER 


The performance map shown here reflects regions where flutter may be 
encountered. Subsonic/transonic flutter is the type most encountered in 
modern multistage designs and is the least understood. 
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FAN AND COMPRESSOR RESEARCH TRANSONIC FLUTTER 

Shown here is a NASA Lewis research facility devoted to gaining an 
understanding of subsonic/transonic stall flutter. 
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PRIMARY ELEMENTS OF FORCED RESPONSE 

This figure shows the primary elements of forced response. The forced 
response problem is triggered by nonaxi symmetric flows. The following figure 
list sources of these flows. 


PRIMARY ELEMENTS CF FORCED VIBRATION 



UNSTEADY FORCE ■ 

F (BLADE MOTION) 
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SOURCES OF NON-AXISYMMETRIC FLOWS 


Of the various sources of non-axl symmetric flows listed the ones due to struts 
and blade/vane wakes are the most common ones considered In the design process. 


SOURCES OF NON-AXISYMMETRIC FLOWS 


• INLET DISTORTED FLOW FIELDS 
-PRESSURE 
-TEMPERATURE 

• WAKE GENERATION AND TRANSPORT 
-STRUTS 

-BLADE/VANE WAKES 
-TIP VORTICES 

-ENDWALL BOUNDARY LAYERS 
-INSTRUMENTATION PROBES 

• POTENTIAL FLOW FIFLD DISTURBANCES 

• ROTATING STALL CELLS 

• SURGE 

• BLEED PORTS 
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CAMPBELL DIAGRAM SHOWING FORCED EXCITATION POTENTIAL 
This figure shows the commonly used diagram for 1 dent 1 f yl na the Dotentlai fn 

.SI'jLTjr*- I 1 ’ 6 ,0Wer 0r(ier excitation 4 re nor^ily le t 0 P " r U 

hlgher^rder 

se'rfrom thr^lf y f'g5Je at,0n '*" be n ° tC<l throu 9 hout the »P- Thls «' be 


CAMPBELL DIAGRAM SHOWING FORCED EXCITATION POTENTIALS 
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NASA THREE-STAGE RESEARCH COMPRESSOR 

Tnls data was recently taken by Fred Newman on the NASA three-stage research 
compressor shown earlier. The data Indicated by the symbols reflect the range 
of excitations encountered. The data Is now being analyzed to determine the 
aerodynamic damping involved in the various modes and to develop models and 
codes for predicting these modes during the design process. Present modeling 
is inadequate to establish the magnitude of these forced responses. 


NASA THREE -STAGE RESEARCH COMPRESSOR 
7HIR3 STAGE ROTOR 


FREOUENCY, 

hx 
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OTHER CONSIDERATIONS 

Other considerations which the designer most addresi s »« | ?{,*!’ 

the items listed, the one which Is Velare presented 

reSUliVtT StmtuMl loads encountered doe to surge is treated in 
references 56 and 57. 


OTHER CONSIDERATIONS 
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STALL RECOVERY ISSUES/CONSIDERATIONS 


Significant progres 
However, additional 
listed below. 


has been made in 
work is needed to 


the modeling of this 
further address some 


phenomena, 
of the issues 


STALL HECOVERY ISSUES/CONSIDERATIONS 


INLET/EXIT VOL'JME/GEOMETRY 

COMPRESSOR/BURNER INTERACTIONS 

LUMPED VS STAGE -BY -STAGE COMPRESSOR MODEL 

REVERSED FLOW CHARACTERISTICS 

COMPRESSOR INERTANCE 

HYSTERESIS 

TRIGGERING MECHANISMS -INLET DISTORTIONS 
FAN/LOW COMPRESSOR VS HIGH COMPRESSOR 
SINGLE CELL VS MULTIPLE CELL/PART SPAN VS FULL SPAN 
TURBOFAN VS TURBOJET VS TURBOSHAFT 
SMALL ENGINES- AXIAUCENT AND CENT/CENT 


EXAMPLES OF MODERN DAY 
TRANSONIC COMPRESSORS 
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NASA ENERGY EFFICIENT ENGINE 
CORE COMPRESSORS 
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NASA/P&W ENERGY EFFICIENT ENGINE CORE COMPRESSOR 

Shown here Is a photograph of the P&W core compressor along with the ov 
design values given earlier. 


NASA/P&W ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 



STAGES - 10 

PRESSURE RATIO - 14:1 

TIP SPEED - 379 m/sec (1243 ft/sec) 



Shown here 
its design 
(ref. 18). 


NASA/P&W ENERGY EFFICIENT ENGINE CORE COMPRESSOR 

Is a cross-section of the P&H compressor. The compressor achieved 
pressure and an efficiency of 85. 5% at design point conditions 
This is considered excellent performance. 
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NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR 


Shown here is a photograph of the GE core compressor along with its design 
goals shown earlier. 
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NASA/GE ENERGY EF71CIENT ENGINE 
CORE COMPRESSOR 



STAGES - 10 

PRESSURE RATIO - 23:1 

TIP SPEED - 456 m /300 (1495 It/sec) 


NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR CROSS-SECTION 

Shown here Is a cross-section of the GE core compressor. The next several 
figures reflect on various design features of this compressor. Detailed 
discussions of the design is given in reference 58. One can see the flow path 
geometry is between a constant mean diameter and a constant tip. Shrouded 
stators are employed in all stages. Active clearance control is incorporated 
within the casing over the rear stages. Also note that the compressor 
incorporates a variable IGV. It serves two purposes, one to maximize 
performance at off design conditions and two, to impart a swirl to reduce the 
rotor tip Mach number at the high design tip speed. The swirl imparted is not 
of the magnitude to reduce the reaction to 50% in the front stage. 


NASA/GE ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 

CROSS-SECTION 
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| NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR ASPECT RATIO 

Shown here Is the aspect ratio of the rotor and stator blading. Note the 
[ , trends from front to rear. The aspect ratio of the rear stages is reduced, 

[ in part, to maintain acceptable blade and vane coras. Also, note the higher 

S aspect ratio in the front stage stators. Stato^ aspect ratio can be higher 

' in these stages compared to the rotor and maintain good efficiency with 

acceptable operating range at the highly transonic flow condition. 

b 
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NASA/GE ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 

ASPECT RATIO 




NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR 
PITCH-LINE SOLIDITY 

Shown here is the pitch-line solidities for the rotors and stators. Note the 
higher solidity for the front stage rotors as compared to the rear stages. 

The higher solidities are required on the front rotors because of the hiqhlv 
transonic flow conditions. The stator solidity is more or less constant 
except [or the last stator where the solidity was increased significantly to 
reduce loading in this vane row. y 
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NAS" /GE ENERGY EFFICIENT ENGINE CORE COMPRFSSOR 
PITCH-LINE MERIDINAL MACH NUMbER 
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nasa/ge energy efficient engine 
CORE COMPRESSOR 

PITCH -LINE MERIDIONAL MACH NUMBER 
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NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR STATOR EXIT SWIRL ANGLE 

Shown here Is the stator exit swirl angle for the tip, pitch and hub 
sections. Note the high swirl leaving the tip section of the IGV and the low 
value at the hub. This reduced the rotor tip Mach, number and limits the 
stator one inlet hub Mach number to approximated .85, considered a practical 
upper limit for achieving good stator performance. In general, the swirl is 
increased in the front stages with the limiting stator hub Mach number 
determining the rate of increase. The high swirl in the endwall regions 
compared to pitch values for the middle stages is incorporated due to 
considerations of the endwall boundary layer. Note a OGV is used to remove 
the remaining swirl leaving the last stator. 
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NASA/GE ENERGY EFFICicNT ENGINE 
CORE COMPRESSOR 

STATOR EXIT SWIRL ANGLE 


STATOR EXIT 
SWIRL ANGLE, 
deg 
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NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR CAFD FLOHPATH 


Shown here is the flowpath from the axlsymmetrlc through-flow design code 
(CAFD). Note the calculation station placed within the first four rotor 
blades. This was done to help in establishing the blade shape for these high 
Mach number blade r r ws. The modeling of the inlet and exit is also shown. 

This is done to assure the flow parameters ertering and leaving the compressor 
are properly defined. 
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NASA/GE ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 

CAFD FL.OWPA7II 
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I TV^-iirrn^^ C0RE COMP RESSOR 
LINE DIFFUSION FACTOR 


Shown here is the pitrh-line 0 -factor. 
the rear stages. This is 
swirl existing at the exit of stai 


is’due^^t' /? te the in ? rease 1n stator loading in 

- - o,e. This is 

the tenth stator and OGV within pr-c^ca'l '' i™u< th ?J n ? eds t0 be r ™°*ed on 
5tator 6 and 7 is due in "art -C|, t c ?' ' ” ‘t.- . Th ".'o«r diffusion factors 
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NASA/GE ENERGY EFFICIENT EINGINE CORE COMPRESSOR 
RADIAL DISTRIBUTION OF DIFFUSION FACTOR 

Shown here is the radial distribution of diffusion factor for rotor 5 and 
stator 5. Note the increases in the endwaii regions. This was req ired to 
obtain the desired radial pressure gradients. 


NASA/GE EXERGY E -RC2EX" EXGINE 
CORE CG.w LESSOR 

RADIAL DISTRIBUTION OF DIFFUSION FACTOR 
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NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR 
HUB INLET MACH NUMBER 

Note the tip Mach number for the first rotor. This Mach number would be 
higher if inlet swirl was not employed. Note the hub Mach number for stator 
one of approximately .85, considered the practical limit. The Mach number 
decreases through the machine due in part to increasing temperature and 
somewhat to decreasing axial velocity. 



NASA/GE ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 


HUB INLET MaCH NUMBER 






66 



NASA/GE ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 

STATOR SCHEDULE 


Shown here is the schedule for the IGV and stators. Note the high degree of 
reset required at the part speed condition particularly in thp TGV and 'tutor 
one. 
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NASA/GE ENERGY EFFICIENT ENGINE 
CORE COMPRESSOR 

STATOR SCHEDULE 




NASA/GE ENERGY EFFICIENT ENGINE CORE COMPRESSOR 
OVERALL PERFORMANCE MAP 

Shown here is the overall performance of the GE compressor (ref. 58). Design 
weight flow and pressure ratio were exceeded at design speed with a adiabatic 
efficiency of approximately 83X. This is considered excellent for such a high 
overall pressure ratio. Part speed efficiencies approach 85X. The program 
was a complete success and sets the standard for high pressure ratio cores. 
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NASA FIVE -STAGE RESEARCH 
COMPRESSOR 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 


In the late sixties/early seventies, NASA embarked on a program to further 
enhance the performance of transonic multistage compressors from that 
demonstrated in the NACA eight-stage and NACA five-stage compressors. Our 
first design was a seven-stage compressor having an overall pressure ratio of 
9.27 and an inlet tip speed of 1200 ft. /sec. A mechanical failure occurred 
early in the testing of this design. The decision was made to not rebuild 
which would have required complete replacement of the blades and vanes but to 
concentrate on a second more aggressive design. The second design was a 
five-stage compressor having the same overall pressure ratio of the 
seven-stage (9.27) but with an inle. tip speed of 1400 ft. /sec. To put this 
compressor in perspective technology wise, the NACA five-stage had a design 
pressure ratio of 5.0 and an inlet tip speed of 1100 ft. /sec. The NASA 
five-stage compressor was a very aggressive design for its time period and 
remains so today. A low aspect ratio version of the original design has 
demonstrated excellent performance (ref. 20). Many lessons were learned to 
get to this level of performance. The following figures tell the story. 
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NASA FIVE-STAGE RtSEARCH COMPRESSOR 
ORIGINAL DESIGN 


Shown here is the flowpath and some of the oesign parameters for the oriainal 
NASA five-stage design. Note the high overall design efficiency The riSJiJn 
e iciencies for the rear stages were particularly high. The efficiencies 9 

loadinq S ?eve?s a and r hl^ m / ted amount , of data considering'the aerodynamic 

D » 1 1 “o' & *i P - C T:“ l0 V, H °" ever ’ the ««»•"* P^t 

' ‘ ' '■ nc *i»e-iioge and even more so the eiaht-staae 

compressor gave encouragement in being able to achieve this level of 9 

Sas aunfn; H The 1°^ f erfonnGnce o? ^chines at their design speed 

at th^t mffn Th h t0 Std f ™* c V in 9 P roblems - There was also a philosophy 
retrosDprt good efflcienc y °ne must design optimistically. In 

existed fir l P !M a V°° aggressive considering the data base that 
a lhi!hi!t! 8 the design parameters consistent with the blade loadinq 

and h lg h!y transonic conditions. The direction at the time was to increase 

blade SDeed Ur nnd a ^°^ hr0U9h ] ncre ? sed aerodynamic blade/vane loading and 
f.,JJhJ P ? 2* d 1 ^ e n same tlme increase the blade and vane aspect ratios to 
further reduce overall length. This turned out to be an unacceptable de?an 

thS h r fi f°[- aC J ie ? 1n9 900d overa11 efficiencies and flow ran?e. One might 

marhi lo! e at ?)' ely , ow aspect ratios of the NACA eight and five-stage 9 
machines from the photographs shown earlier. 9 

«tl?Hn W i S 1r, corporated into the design but did not impart a swirl at design 
ail*!! 9 ** 0 r ® dlJce . t ^ relative flow Mach number entering the first rotor and 
all stators turned ^he flow back to the axial direction; thus a high stage 
reaction design throughout like the NACA five-stage. 9 
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ORIGINAL DESIGN 


STAGE 

PRESSURE RATIO 
EFFICIENCY 


1 .GO 
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PRESSURE RmTIO 9.27 
EFFICIENCY .07 
WEIGHT FLOW 65.5 Ib/sec 


NASA FIVE-STAGE RESEARCH COMPRESSOR 
ORIGINAL DESIGN 


The aerodynamic loading (stage pressure ratio) distribution was chosen 
purposely to unload the Inlet and outlet stages in an attempt to See 
esign operation. The idea was that the middle stages could sustain thp 

speed'toff-desion^npftratton ‘X-^e V-elsoe^^ C ' eSl9n ' >0,nt at P srt 
considerably e g f^taSe^ar" nls as 

noted earher. Because of the high aspect ratio of the first rotor TLlL r 

Uttfe S data S hI?p d) H S ? d t0 elimi > te Potential aeroelastic problems. P 
data base existed for stages incorporating dampers. A blockade 

owance of two percent at the Inlet of the compressor Ind five pe??ent at 

five staae aS Th^NAfA 1 " ' t hf design : and like that meas ured in the NACA 

exit A larae oveJJn ^v^ St ^ e -^T° rated 5 20 percent dockage at the 
marhin//- ar9 ? ? a a ?' al ve '°city decrease of 0.7 was taken across the 
H?ff,n (n ® a J ly 1l ? aar distribution) to reduce the amount of velocity 
diffusion between the compressor exit and combustor inlet This further 
increased. aerodynamic loading for a given overall pressure ratio. The 
aerodynamic loadings were much higher than for the NACA five-stage. 


NASA FIVE — STAGE RESEARCH COMPRESSOR 


ORIGINAL 
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TIP RELATIVE MACH NO 
TIP DIFFUSION FACTOR 
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ASPECT RATIO 
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nasa Fivt-s.v.:',: . esearch compressor 
! ORIGICmL jesign 

, PHOTOGRAPH 

Shown here is a photograph of the original NASA five-stage research compressor 
'* with one half of the casing removed. One can note the relatively high 

bladc/vanc aspect ratio and L he damper incorporated into the first rotor 

^ design. 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
ORIGINAL DESIGN 

FIVE-STAGE PERFORMANCE 

Shown here is the overall performance obtained at design speed for the NASA 
five-stage compressor as originally designed. As can be seen, a pressure 
ratio of only five was demonstrated and the flow was well below design. The 
data indicated that the front stages remained in stall and the back stages in 
choked at the design speed. The use of the variable IGV and stators along 
with interstage bleed at the exit of rotors two, three and four was not 
sufficient to bring the front stage out of stall and the back out of choke. 
Insufficient flow range at all speeds made it difficult to characterize the 
individual stages. The decision was made to remove the back two stages and 
try to obtain more complete d3ta on the front three. 
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N^SA fiv E-STAGE research compressor 

ORIGINAL OESIGN 
THREE-STAGE PERFORMANCE 

original NASA fl ve-s tlge^Smpres sor" 6 ^^ th* f h r ° nt three Stages of the 

was then »a d e to test the The dicker, 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
ORIGINAL DESIGN 

FIRST-STAGE PERFORMANCE 

Shown here is the performance of the first stage of the original NASA 
five-stage compressor. Data is shown for a solid casing (circles) and with 
casing treatment (triangles). Significant improvements In range and 
efficiency were obtained with casing treatment. The stage was tested over a 
range of IGV and stator setting angles to include establishing its Install 
characteristics for off-design stage matching studies (ref. 59). The next 
step was to establish the second and third stage performance. 
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NASA riVE-STAGE RESEARCH COMPRESSOR 
ORIGINAL DESIGN 

SECOND AND THIRD STAGE PERFORMANCE 

Shown here Is the performance obtained from the second and third stage of the 
original NASA five-stage compressor. Both pressure ratio and efficiency 
remained well below design. 
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NASA FIVE-STAGE RESEARCH COMPRESS 
ORIGINAL DESIGN 

aLTwUh'the'da?! [SaVh^d Seen^b^neJ"? ^ five -^age design 

concluded that the original five .t?™ 2 d - f S1n 9 1e ~ s tage studies, it was 
respects . First, the a-e atio of ? efkient <" several 

the aerodynamic ioaeino P This was a™™, 5 !ad'»o tended to be too high for 
and rear stages which resulted in ? y unload1n 9 of the front 

incidence angle deviation Annie n 9 |] y loaded middle stages. New 

program indicated a strong need for ariin^t^f obtained from the single staoe 
blockage allowances for the rtl <taoe< “!!; ents in , thesp Parameters. The " 
velocity decrease through the marhi’ne fu?fh!r C ° nSlde ^ d to be to ° lcw - The 
problem, with these and othe- factors^I^n ^ a ? 9ravat ? d the blade loading 
was made to accept the performance of the fir-!?*?/ 0051 ^ 3 *' 0 "’ the dec ’sion 
and the sligiitly lower flow associated with it^ St3 ? e *]. bh casing treatment 
redesign the second through the fifth^t-™ l ts .P e f efficiency point, and to 
Blade and vane chords were maintained Thic ° 1n 5 ude c banging the flowpath. 

recambering the existing blad, 1 * JJ® he £ ina'n tnrl ° ^ reS(?tti:i9 and 
compromised position sinre th Q / C01ning Process. Thi^ was a 

relative high level However a ^ pect rati ° was maintained at the 

distribution was i ncorpora^ed ’aid t ^ le 1 loadln 9 problem, a new loading 
the compressor. New in^i^nre ahH h! I" 1 Ve,0city Was not reduced thrLn 
modified design. The overall pressSre^atk! 3 ? r 3les . wer ^ incorporated into the 
ower first stage pressure ratio The ov Jil ef'i UCf t0 co,h?ens lto for the 
increased losses and flow blockage was ?ncrel!ed ^ red ^ ed tr '™9 h 
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NASA r IVE-STAGE RESEARCH COMPRESSOR 
MODIFIED DESIGN 

Shown here is the flowpath for the modified design along with overall and 
stage design paramet r - s. One can note the adjustments in the outer wall 
flowpath More contraction was taken across the rear rotors than for the 
stators to help in unloading the rotors. The demonstrated pressure ratio of 
the front stage was accepted as noted earlier, and the stage pressure 
distribution was changed in the other stages. Stage efficiencies and thus 
overall efficiency was reduced 


NASA FIVE -STAGE RESEARCH COMPRESSOR 

MODIFIED 


STAGE 

PRESSURE RATIO 1.52 1.64 1.60 1.51 1.43 

EFFICIENCY .85 .84 .85 86 .87 



EFFICIENCY .82 
WEIGHT FLOW 64.2 Ib/sec 


NASA FIVE-STAGE RESEARCH COMPRESSOR 
MODIFIED DESIGN 

Shown here are more details on the modified NASA five-stage compressor 
design. One can note the changes ’ n loading in terms of D-factor compared to 
the original design. 
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ROTOR 

TIP RELATIVE MACH NO 1.42 

TIP DIFFUSION FACTOR -38 

ASPECT RATIO 3.61 

STATOR 
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HUB DIFFUSION FACTOR .35 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
MODIFIED DESIGN 

Shown here Is a photograph of the modified NASA Five-Stage Research Compressor 
with one half of the casing removed. One can note the inserts in the outer 
wall (casing) used to modify the fiowpach geometry. 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
MODIFIED DESIGN 


THREE-STAGE PERFORMANCE 

Shown here is the performance obtained on the front three stages of the 
modified NASA five-stage compressor, ns can be seen, the design pressure 
ratio and weight How was obtained at design speed. However, the overall 
efficiency was lower than design. This, in part, was attributed to the limits 
imposed by the recoining process, particularly near the blade/vane base 
regions. Also, there was evidence from other programs that the extended 
spacing between the blade rows for survey instrumentation was contributing to 
the lower efficiencies. In addition, the relatively high blade and vane 
aspect ratios even at the somewhat lower aerodynamic loadings of the modified 
design were likely contributing to the low efficiency and limited flow range. 

With the performance of the first three stages of the modified five-stage 
compressor in hand along with even more single stage data available, a 
completely new design was pursued. Its design and performance is presented in 
the next several figures. 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO DESIGN 

Shown here Is the flowpath for the low aspect ratio NASA Five-Stage Compressor 
along with overall and stage design va.ues. Note the contraction across each 
rotor and little contraction across the stators. This was done to keep the 
velocity ratio up across the rotors. Losses were assumed on the high side in 
favor of stage matching and performance at part speed. 


NASA FIVE -STAGE RESEARCH COMPRESSOR 

LOW ASPECT RATIO 


STAGE 

PRESSURE RATIO 1.74 1.65 1.58 1.48 1.40 

EFFICIENCY .32 .85 .86 .87 .88 



EFFICIENCY .80 
WEIGHT FLOW 65.5 Ib/sec 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO DESIGN 

Shown here are additional rotor and stator design parameters. Note the lower 
blade/vane aspect ratios. 
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NASA FIVE-STAGt RESEARCH COMPRESSOR 
LON ASPECT RATIO OESIGN 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO DESIGN 

Shown here are the loss correlations used in the design. The shock loss used 
a simple correlation as a function of inlet relative Mach number. The profile 
losses were based on single stage results. The nieasured endwall losses were 
tempered somewhat to partly account for mixing effects. 


NASA FIVE -STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO 


LOSS PARAMETER CORRELATIONS 


ROTOR 

SHOCK 


STATOR 


.0? i - 

f 




LOSS 

PARAMETER 


. . I L 

10 i .2 I i 

lm*i ftltUvt nmntn-f. M' 


PROFILE 


0 




to. «. to 
to, rt) fi «J 


I 1 I 

* > 6 

DMfuiiivi taciur, f 


r 


PROFILE 



86 


NASA FIVE-STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO DESIGN 

Shown here are the deviation angle adjustments to Carter's Rule used In the 
design to reflect observed endwall effects on this parameter. 
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NASA FIV£-STmG£ ScSEAnCh COMPRESSOR 
LOW ASPECT RA'. 10 DESIGN 

Shown here is a photograph of the first three-stages of NASA Five-Stage 
Research Compressor incorporating low aspect ratio rotors and stators. Note 
the blade rows are close coupled. Dampers are not required on the first rotor 
because of the low aspect ratio. 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO DESIGN 

THREE STAGE PERFORMANCE 

Shown here Is the performance of the first three stages of the low aspect 
ratio NASA Five-Stage Compressor. The data was obtained at design IGV and 
stator setting angles. Excellent part speed performance was obtained. Some 
falloff in efficiency occurred at design speed and was expected. T h1s is 
because the design efficiency was established as mentioned earlier to favor 
part speed performance. It was anticipated that Improvements In design speed 
performance could be achieved through rematching of the stages using variable 
geometry. 
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NASA FIVE-STAGE RESEARCH COMPRESSOR 
LOW ASPECT RATIO DESIGN 

THREE STAGE PERFORMANCE 


Shown here is the performance for thp rir-cf i-hm* 4. h . , 

performance ^at Mesial 8 ■<!>'«« -hldulei t’JSJST 

!?\ Ik at desig L' speed ana maintained at that setting at part SDeed and 
speed) Not^the severrfa?foff m i Per f° rm ? nCe (maxiniu ' Ti efficiency at each 

:riS : £'"sr : ’ «•* -.-sria, 

^MtoMnliri^L? 5PeC ° COmi>rCS “ r '' a " d aer °elastic responses due t” 

Obviously, the data base was not in place when we startpri cm-h 5n • 

design. However, we learned as much from the failures as we did from th^ VG 
successes alone the way. Many lessons were learned in ?Se process 


NASA FIVE -STAGE mcSEA.iCri COMPRESSOR 
LOW ASPECT RATiO 

THREE STAGE PERFORMANCE 


DESIGN SPEED SCHEDULE 


VANE SCHFDULE EFFECTS 


1 

! 4 . V' 

I V . Ml- 




, ,r,t ' --.f- > v 

e i , a ' v. «/' •• ; 
l'%Ai { 

or \r t 


„ I <f 1 


OPTIMUM SCHEPULF 

J 

I I I Rr 

V \ I *>'. 

m v / * ./*« fA«‘ ' «® * 

■ / & r ' ; /fo - 

:M‘ )f t y /Vi. 

-.Vi/ / 7 ,'V^. 

•■■ ■ T .7 


( 


4 i w s) ' 

. to f . ifi r . to 

• i! «• -in 

• 4 ! 

• P •! ! J 


! :i 


a .[ 




/ ,0 * *.£ 

/'•v v. ' 

\ c 

V • 


**« f 


f> **•-*"» 






-ST 

V. ■ 


•> » »«; i / ,< 


• »*« **».. 


SUMMARY 


The design of modern day transonic multistage compressors Is highly 
sophisticated and depends on an extensive empirical lata base as well as 
the judicious judgment of the design engineer. As computational methods 
are developed and validated, the move towards a first principle system will 
occur. Advanced computational codes are now being used t, analyze and guide 
transonic multistage designs. 


Performance in terms of efficiency is considered to be approaching a physical 
maximum for large flow size machines However, further Increases in overall 
pressure ratio and a reduction In the number of stages required to achieve a 
given pressure ratio are anticipated. 


Future advancements in the design of multistage transonic compressors will 
depend heavily on advanced computer technology, computational methods and more 
detailed internal flow measurements. 
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